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Unsteady Low-Speed Aerodynamic Model for
Complete Aircraft Configurations

Joseph Katz*
NASA Ames Research Center, Moffett Field, California

Brian Maskewt
Analytical Methods Inc., Redmond, Washington

A method for converting steady-state, potential-flow based panel methods into a time-dependent mode is derived
and applied to several test cases. For this development, an improved vortex wake model was constructed that was
also suitable for simulating the leading edge separation of slender wings at high angles of attack. Computed
flow-field simulations are presented for various unsteady and high-angle-of-attack conditions, involving geometries
such as simple wings, rotors, and complete aircraft configurations.

Nomenclature
Ay By, Cy = influence coefficients
= aspect ratio (wing area/b?)
= wingspan
= wing reference chord
= lift coefficient (lift/0.50V2S)
= rotor section lift coefficient
[section lift /0.50( R¥)*c]
= pitching moment coefficient
(pitching moment /0.5pV2 S¢)
= pitch damping coefficient
= pressure coefficient (p — p,_ /0.5pV%)
= rolling moment coefficient
[rolling moment/0.50V2S(b/2)]
= relative translation and rotation of the origin
= amplitude of heaving oscillations
= rotor tip Mach number
= vector normal to panel surface
= pressure
= rotor radius
= vector (x, y, z)
= reference area
= area element
= time
V,W, = velocity components, measured in inertial
frame
= momentary local velocity in the X, Y, Z frame
= velocity, defined in Eq. 9
= momentary local velocity in the x, y, z frame
= transpiration velocity, normal to panel surface
Ural = relative velocity, measured in the x, y, z frame
V., = freestream velocity
X,Y,Z = inertial coordinates
X, ¥,z = body coordinates
a = angle of attack
ag = rotor blade angle of attack
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= amplitude of pitch oscillations
= circulation

= rotation about the y axis

= doublet strength

= air density

= source strength

= velocity potential

= rotation about the x axis

= rotation about the z axis

= rotation rate of body-coordinates
= oscillation frequency
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Subscripts

0 = origin

w = wake

o0 = freestream condition

Introduction

N the course of developing computational methods to

analyze complex aircraft maneuvers, the simulation of
unsteady aerodynamics and the resulting wake dynamics is
still an intriguing challenge. This time-dependen: fluid-
dynamic modeling capability is much needed in aeronautical
disciplines such as flight dynamics and flight simulation, and
for time-dependent structural load analysis. Computation of a
vehicle’s stability derivatives, for example, at the first stages of
shape development will then allow early flight simulation and
evaluation of flying qualities. This capability will also result in
benefits at the more advanced phases of prototype testing
where experimental derivation of these stability derivatives is
still limited and costly. Models of vortex wake motion can
contribute too, to the investigation of leading-edge (LE) flow-
separation from swept-wings, as would occur during high-
angle-of-attack landings or maneuvering of high-speed
vehicles. Similarly, estimation of rotorcraft vortex wake posi-
tion can shed light on some of the more complex problems
associated with a helicopter’s flight.

Detailed solution of the complete nonlinear fluid dynamic
equations along time-dependent flight paths is still in its initial
phases.! The expansion of the computational grid to encom-
pass large wake histories along curved, arbitrary path coordi-
nates will only complicate the computation and make it more
costly. An alternative approach, which will be followed here,
postulates the use of simplified fluid dynamic equations while
retaining the three-dimensional nature of both an aircraft
geometry and its flight path. Such simplified fluid dynamic
solutions were developed during the past years for inviscid
steady flows,”>" 1% and were successful in simulating high
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Reynolds number, lifting, nonseparated, subsonic or super-
sonic>** flows. An additional advantage of this potential
formulation lies in the use of Green’s 1ntegra1 theorem.? This
results in an integral equation which is then solved on the
body’s boundaries only, rather than over a complex. grid
spanning the whole fluid volume. Detailed description of the
mathematical principles and of the numerical schemes used in
these models are provided in Refs. 5-7 and Ref. 10. These
methods were extended to include periodic wing oscillations,’
higher-order singularity elements,8 10 jteration with viscous
boundary layer solutions,” wake rollup relaxations and jet
models,”’ to cope with. a variety of V/STOL aircraft and
hehcopter-related4 problems.

In this present study, a potential (panel) method is used
together with a time-dependent vortex wake model to simulate
the ‘shear layers emanating from the separation lines. These
separation lines lie along wing trailing. edges or .along lines
whose location is known from experiments, as in the case of
flow separation from wings with highly swept-back and sharp
LE. The combination of a well-developed panel code® with
this unsteady vortex wake model resulted in two improve-
ments: 1) the computation of the loads during arbitrary time-
dependent aircraft motion were made possible, and 2) since
the timewise, step-by-step construction of vortex wakes is
numerically ‘stable, the simulation of LE separation from
highly swept w1ngs (at hlgh a.ngles of attack) was obtained.

Model

Basic Formulation and Choice of Coordinates

Computation of the aerodynamic response to a sét of aircraft
control inputs requires the coupled- solution of the flowfield
and vehicle’s inertial equations. At the present state, however,
the aircraft motion history is assumed to be known-and the
motion of the body-fixed coordinate system (x, y, z), as shown
in Fig. 1, is prescnbed Let (X, Y, Z) be an inertial frame that
comc1des with the (x, y, z) frame of reference at +=0. Then,
at ¢> 0, the relative motion of the origin ( ), of the body
fixed frame of reference is prescnbed by G,(¢), and the
momentary rotation angles (¢, 8,) are prescribed by’ Gz(t)

(X,,Y,,2,)=G(1) (1)
(¢,0,4)=G(1) (2

The fluid surrounding the aircraft is assumed to be inviscid,
irrotational, and incompressible over the entire flowfield, ex-
cluding the vehicle’s solid boundaries and its wakes. There-
fore, a velocity potential @ can be defined and the continuity
equation, in the inertial frame of reference, becomes

v20=0 Q)

with the first boundary condition requiring zero normal veloc-
ity across the body’s solid boundaries,

VO n—V, n=0 (4)

where V7 is the kinematic velocity, as viewed from the inertial
frame. The second boundary condition requires that the flow
disturbance, due to the body’s motion through the fluid,
should diminish far from the aJrcraft

Imv®,_, =0 (5)
where = (x, y, z). Along the wing’s trailing edges the veloc-

ity has to be limited in order to fix the rear stagnation line and
therefore

v® < oo (at trailing edges) (6)
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INERTIAL FRAME
OF REFERENCE

Fig. 1 ' Definition of coordinate systems.

and in the potential flow region the angular momentum can
not change, thus the circulation T' is conserved.

% =0 (for any ¢) @)

The solution of this problem, which becomes time-dependent
because of boundary condition (4), is easier in the body-fixed
coordinate system (e.g., the velocity normal to the body’s solid
boundaries ‘becomes zero). Consequently, a transformation f
between the two. coordinate systems has to be established,
based on the ﬂight- path information of Egs. (1) and (2).

o X
(3 zen ®

\Z

similarly the transformation of the velocities is
v—V+rCl+Q><r ‘ (9)

where V is the velocity of the (x, y, z) systems origin, =
(¢, 4, 1}/), and v, = (%, y, £). The transformation of Egs. {3),
(5), and (6) into the aircraft frame of reference will not change
them and the continuity equation remains

v2® = 0 (in body fixed coordinates) (10)

Boundary condition (4), however has to take into account the
transformed velocity v, of Eq. (9) and thus becomes

vO@-n=y-n - (112)

In order to model nonzero velocities across the boundaries, a
transpiration velocity vy is added, so engine inlet/exit flows or
boundary layer displacement can be modele‘d:9

V@-n=p}-n+bN ‘ (11b)

The most important conclusion from these results is that for
incompressible flows the instantaneous solution is indepen-
dent of time. That is, since the speed of sound is assumed to
be infinite, the influence of the momentary boundary condi-
tion is immediately, radiated across the whole fluid region.
Therefore, steady-state solutions (such ‘as panel methods) can
be used to treat the time-dependent problem by substituting the
instantaneous boundary condition [Eq. (11a)] at each moment.
The wake shape, however, does depend on the time history of
the motion and consequently an appropriate vortex wake
model has to be developed. Wake rollup and flowfield velocity
computations are then carried out in the inertial frame of
reference, whereas the moving frame of reference. serves for
defining the momentary boundary conditions.
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The Unsteady Wake

The modeling of the vortex wake, shed from the wing’s
trailing edges or from user-defined separation lines, is ob-
tained by adding wake panel elements at each time interval A
along these lines. This representation of the wake requites a
starting-type solution where at =0 the body is at rest.
Beginning with the first time step, the wake panels are being
shed from the trailing edges or from the prescribed leading
edges, as shown in Fig. 2. During the forthcoming time
intervals, this wake-shedding routine continués together with a
wake rollup calculation. This rollup, during the first four
steps, is shown in Fig. 2 by the streamwise panel lines only
(for simplicity). To achieve the vortex rollup, the wake panel
corner points (X, Y, Z); are being transported by the local
velocity (U, V, W),, induced by the body and its wakes. The
corresponding displacement for each time interval is

AX U
AY| =| v -Ar (12)
AZ); Wi

This routine was used to simulate the periodic wake shedding
behind separated, two-'> and three-dimensional® wings and
for modeling LE separation and vortex rollup over slender
delta wings.!415 The strength of the wake panels are de-
termined by the Kutta condition (6) and by the Kelvin condi-
tion (7). This is done such that the doublet strength of the
latest wake element is equal to the local potential jump
D, pper — Piower Of the shedding panels along the trailing edges
and the separation lines. This scheme, together with moving
the wake elements parallel to the local streamlines (12), is the
time-dependent equivalent of the Kutta condition. Since the
doublet strength of each wake panel is constant, this represen-
tation is equivalent to modeling the wake by a lattice of closed
vortex rings (which automatically fulfill the Kelvin condition).
The physical meaning is that for any growth in the circulation
of the wing, a vortex equal in magnitude and opposite in sign
(created by the potential jump between the lastest and the
preceeding wake elements) will be shed into the wake.

Solution of the problem

The general solution of Eq. (10) is a sum of source ¢ and
doublet p distribution over the body’s surface and its wakes:

(CRUEE T L 0 R B e

This formulation describes both the outer flow and the
body’s internal flow and fulfills the boundary condition (5).
However, Eq. (13) still does not uniquely describe a single
solution since a large number of source and doublet distribu-
tion will satisfy a set of outer boundary conditions [Eq. (11b)].
The choice that was made here is similar to the basic approach
taken in the VSAERO code.’ That is that the instantaneous
internal flow is set to bé equal to the onset flow caused by the
motion of the body’s frame of reference. Consequently, the
strength of the source at each panel on the thick body is set
equal to the local onset velocity (14). This choice results in
smaller values of the unknown doublets and thereby will
stabilize the numerical solution

o=—n-(V,+QXr) (14)

Since the wake is assumed to consist of thin vorticity sheets
only, no internal flow needs to be specified there, and the
wake will be modeled by doublet elements only. To uniquely
solve the outer flow about the body, the doublet distribution
has to be determined by boundary condition [Eq. (11b)].
Therefore, Eq. (13) is derived one more time with respect to
the body coordinates. The resulting velocity induced by the
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Fig. 2 The tilﬁe-dependent wake-shedding procedure.

combination of the doublét and source distribution is

13
VO = V[WV(—)]ds
4m body+wakeIL r

+%fb av(%)ds (15)

ody

In order to establish the boundary value problem, the local
velocity at each point on the body has to satisfy the zero flow
condition across the body’s surface, Eq. (11a), or in the case of
transpiration, Eq. (11b). By substituting this equation into the
left-hand side of Eq. (15) the final integral equation is formed
with the unknown p. Since this equation is geometrically
complex and also singular, the body and the wakes are divided
into discrete panel elements with constant strength of o; or p,;.
Then for each body panel the instantaneous source value is
computed by Eq. (14) while the doublet remains as the un-
known. By applying the Kutta condition and constructing the
wake progressively at each time interval, the strength ., is
known from previous time steps. For the first time step,
therefore, no wake elements are present. As a result of this
discretization, Eq. (11b) with v® taken from Egq. (15) is
derived at the centroid of each panel; resulting in the follow-
ing algebraic equation:

151 0y Moy
Ky 0 1 2%

[4,] T [B,1] - [+]c)] :
73 Oy Moy
(v .n)1 -

(v,-n) v
/. 2 " /j’z

(16)

(v/-n)k Unk

The subscript ( ), refers to the numbers of body panels
whereas ( ), is the number of wake elements that increases
with each additional time step. The inlet/exit transpiration
velocity vy, is determined by the programmer for the specific
panels. The time-dependent motion of the (x, y, z) frame is
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defined by Eqgs. (1) and (2); therefore the local geometrical
velocities (v, - n), are computed with Eq. (9) and will have the
form '

—v.,=(X,.%,,2,) +(¢,0,4) x(x,»,2) (17
The inﬂuence coefficients [4;], [B;], [C;] consist of complex
geometrical relations and their derivation is documented in
references such as Refs. 5 or 10. The first two are a function
of the body geometry only and are computed only once. The
influerice matrix of the wake [C;,] is growing with each time
step and therefore requires continuous reevaluation. Once the
matrix equation (16) is solved (for each time step), the result-

ing pressures can be computed by Bernoulli equation. In the
inertial frame of reference this equation is

Po—P 1{[(30\ (3®\* (3®\} 9
= —5[(3—)() +(W) +(72) +5 (18

whereas in the body-fixed frame this equation will have the
form:!6

Po—P _1[(80\ (30 (00
b ﬁ[(ﬁ)*(a—ﬂ*(ﬁ)
L
(Vo +QXr) - v@+ 5 (19)

As the pressure and the potential field are obtained, computa-
tions such as forces, moments, surface velocity surveys, etc.,
can be carried out.

Conversion of Panel Codes to the Unsteady Mode

Computer codes based on potential panel methods have
been developed in the past two decades, and their computa-
tional efficiency has improved!” so that complex aircraft shapes
can be analyzed. Based on the above analysis, a three-step
method can be devised so that a steady-state panel code will
be upgraded to include the unsteady mode. These steps are as
follows:

1) A time-stepping wake model, similar to the one de-
scribed here, has to be utilized. This wake has to fulfill the
Kelvin condition (7) and should be allowed to roll up because
of the induced velocity (12).

2) The normal velocity component (v;-n), in Eg. (16) has
to include the components due to the rotations as presented
by Eq. (17).

3) The above correction of the local velocities must be
included in the pressure calculations and a modified Bernoulli’s
equation (19) should be used.

These principles were previously applied to helicopter rotor-
tip shape study* and to a slender wing model'® where two-
dimensional, longitudinal motions were analyzed. In this
current study, similar principles are applied to a panel-com-
puter-code (VSAERO®), and three-dimensional motions and
aircraft configurations are investigated.

Test Cases and Examples

As a first example, the sudden acceleration of a wing that
initially was at rest (as in Fig. 2) is investigated. The motion of
the (x, y, z) frame at 7> 0 is then given by Eq. (1):

1
Gl=Vw(0)t, (for > 0) (20)
0

The kinematic velocity v, in Eq. (17) is then reduced to

1
v=~V, 0), (for r>0) (21)
0
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so that by substituting Eq. (21) into Eq. (16), the solutiofi at
each time step is obtained. Computed resuits for both the
classical two-dimensional case!® and for a finite, rectangular
wing (R=6) compares well with previous computations!*2
(see Fig. 3). Similar computation for a complex aircraft shape
is presented in Fig. 4, whereas the geometrical details. of the
aircraft are presented in Fig. 5. The canard was horizontal,
but the wing had an anhedral of 2 deg 46’ . More information
o1 the geometry of this model is provided in Refs. 21-23. The
panel model of this configuration consists of 706 panels per
one side of the model. During the wind-tunnel tests®~** with
this model, a free airflow across the inlet was monitored. To
simulate this condition a normal inflow velocity of vy = — ¥,
was specified at the inlet. To conserve the internal mass flow
rate, an exit velocity of vy = 0.55V, was specified, in a similar
manner, at the exhaust plane in the base of the fuselage.

The transient lift growth of the wing/canard combination,
presented in Fig. 4, differs somewhat from the monotonic lift
increase of a single lifting surface®* (Fig. 3). At the first
moment the lift of the wing and canard grow at about the
same rate, with the lift of the wing being slightly lower
because of the canard-induced downwash. Then the wing’s lift
increases beyond its steady state value, since the canard wake
has not yet reached the wing. At about V¢/c = 1.0 the canard
wake reaches the wing and its influence begins to reduce the
wing’s lift. This behavior results in the lift-overshoot, as
shown in Fig. 4.

The flexibility of - this method can be demonstrated by
rotating a pair of high-aspect-ratio, untwisted wings along the

1or

—
—

1
Q
= gdF
=]
© —-— REF.[19]
6+ 4 ——= REF.[20]
/ ——— CURRENT METHOD
sk
V, Atc=0.2
{ a=5°
. L 1 1 ] 1 L 1
0 1 2 3 4 5 6 7

Fig. 3 Lift coefficient variation after a plunging motion of a rectangu-
lar wing.
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Fig. 4 Lift coefficient variation after a plunging motion of a complete
aircraft configuration.
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z axis, to simulate rotor aerodynamics. The trailing-edge
vortices behind this two-bladed rotor, which was impulsively
set into motion, are presented in Fig. 6. Similar information
on wake trajectory and rollup, for more complex rotorcraft
geometries and motions (including forward flight), can easily
be calculated by this technique. This information can then be
utilized for vehicle stability and aerodynamic studies; and as a
far-field information for more complex, regional viscous com-
puter codes.>® Computation methods, with similar capabilities
to those shown by Fig. 6, have been developed before. 673
However, all these computations were limited to geometries of
rotor-like shapes, whereas the current method is capable of
treating both fixed-wing and rotor configurations.

The spanwise lift distribution on one rotor blade of Fig. 6,
after one-quarter revolution (Ay =90 deg), is presented in
Fig. 7. The rotor for this example was untwisted and had a
collective pitch angle of a, = 8 deg, to duplicate the geometry
of the rotor tested by Caradona and Tung.’! The large dif-
ference between this spanwise loading (Ay = 90 deg) and the
experimental loading measured in Ref. 31, for a. hovering
rotor, are due to the undeveloped wake. This solution can be
considerably improved by adding a far-wake model*® To
model the far wake correctly, for the hover case, several
rotations are needed to construct the spiral vortex tube be-
neath the rotor. Since the array sizes of this pilot.code were
kept small, for faster turnaround times, only 30 time steps
were possible without further modifications to the computer
program. Consequently, only the.coarse, near-wake shape
shown in Fig. 8 was constructed by simply rotating the model
with larger time steps; allowing about three complete revolu-
tions. Because of these large time steps, wake deformation
(and contraction) was minimal. Also, for the initial downward
motion of the wake, a far-wake-induced velocity of about
Ry a (for the wake only) was assumed. The downwash in-
duced by the spiral vortex wake of Fig. 8 reduced the span-
wise lift distribution on the wake to values that are close to
those measured by Caradona and Tung,*! as shown in Fig. 7
(by the “steady hover” line). The corresponding chordwise
pressures, for three blade stations, are presented in Fig. 9. The
computed pressures fall close to the measurements of Ref. 31,
and the small deviations could be a result of the sparse panel
grid used or could be due to experimental errors. .

prese ~>j04tfe-
CANARD ROOT 0190‘
TO WING ROOT 130 0
t . = 1%
I — 4
T ’ 055,
. T —— *
0.15 ‘

NN

59561 | N N

=\

Fig. 5 Geometric details of the aircraft model (dimensions in meters).
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Basic unsteady aerodynamic test cases, in addition to the
plunging motion, usually include heave and pitch oscil-
lations. ¥ Computed results for the lift vatiations during a
heaving oscillation cycle with an amplitude of 4/c=0.1, for
an R =4 rectangular wing with a NACA 0012 airfoil sec-
tion, is presented in Fig. 10. The results of the computation

NACA 0012 |

Fig. 6 Two-bladed rotor and its wake, after one-quarter revolution.

~—— CURRENT METHOD
<& EXPERIMENT, REF. [31]

R/c=6
o =8°
CQR

[} .25 .50 .75 1.00
2y/b ‘

Fig. 7 Spanwise lift distribution on a helicopter blade.

Fig. 8 Front and top views of a hovering helicopter rotor and its wake.
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] r/R = 0.50 I
o =8°
¥ = 1250 rpm
Myp= 0.439
——— EXPERIMENT [31]
~—— PRESENT METHOD

=

x/c

Fig. 9 Chordwise loading at different sections of a hovering rotor.

agree well with the vortex-lifting-surface computations of Ref.
20. The advantage of the current panel method is that the
same computations can be carried out on more complex
aircraft shapes, as shown in Fig. 11. Here the aircraft model
undergoes similar heaving oscillation and the resulting time-
dependent lift is presented. The small delay in the lift, relative
to the motion’s phase angle is a result of the delayed influence
of the canard wake on the wing, whose lift lags slightly
behind. The computed wake lines behind the moving aircraft
are shown in the inset to Fig. 11 and even with the coarse time
steps (28 per cycle), reasonable wake rollup is observed.

Lift and pitching moment histograms, during a large-ampli-
tude pitch oscillation cycle, of a two-dimensional airfoil are
presented in Fig. 12. Comparison is made with experimental
results of Ref. 33 for oscillations about the airfoil’s quarter
chord. The computations are reasonably close to the experi-
mental values of the lift coefficient through the cycle. During
the pitchdown motion, however, a limited flow separation
reduces the lift of the airfoil in the experimental data. Similar
computations, with a two-dimensional panel method, were
reported in Ref. 34. The shape of the pitching-moment histo-
gram is close to the experimental result with a small clockwise
rotation. This is a result of the inaccuracy of computing the
airfoil’s center of pressure, since only nine chordwise panels
were used.
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——— REF. [20]
——=— CURRENT COMPUTATION

we/2V,, = 0.5
03

C(t)

AR=4
h/c=0.1

—

.
o /2 r 3n/2 20

Fig. 10 Periodic lift variation during heaving oscillations of an
AR = 4 rectangular wing (with NACA 0012 section).

CLit)

L
0 /2 T 37/2 27

Fig. 11 Periodic lift variation during heaving oscillations of a com-
plete aircraft configuration.

15
NACA 0012
1.0
BF
CL
0 —
——— REF. [33]
_5k — CURRENT COMPUTATION
: =3+ 10° sin wt
we/2V_ = 0.1
1oL NACA 0012
PITCH AXIS ~ c/4
AR =0
1r AtV fc=1
-—
——————— -
— N
=
- e
-1 £ n L 1 L 1
-1¢ 0 10 20
«, deg

Fig. 12 Lift and pitching-moment histogram for the pitch oscillations
of a NACA 0012 airfoil.

Similar histograms for the complex aircraft shape of Fig. 5
are presented in Fig. 13. The pitching motion is about the
assumed center of gravity, as shown in Fig. 5. The direction of
rotation in the pitching-moment diagram is reversed because
of the interaction between the canard wake and the wing.
One of the mentioned advantages of this method is the
capability of computing aircraft stability derivatives. This can
be demonstrated by applying the formulation for the damping
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i a=5°+5 sinwt
;' —D~— STATIC DATA, REF. [23]
ok —=-— wc/2V_ =0.1 | CURRENT
wef2V,, =0.3 | COMPUTATION
1 1 —1 ]
aAr
Cm

o, deg

Fig. 13 Lift and pitching-moment histogram for the pitch oscillations
of the complete aircraft configuration.

coefficient™ to the data presented in Figs. 12 and 13:

8Cm 2Voo 1 20
Cnld=m_7)?;a—l,/; Cm(t)cos(wt)d(wt)

(22)

Here the integration is performed over the whole pitch oscilla-
tion cycle, with a, being the amplitude of the pitch oscilla-
tions. The pitch-damping coefficients, obtained by Eq. (22) for
the NACA 0012 airfoil (by analyzing the pitching moment
histogram in Fig. 12) and for the complete aircraft configura-
tion (from Fig 13), are estimated to be 0.032/deg and
—0.012/deg, respectively.

Simulation of flow separation from wings with highly swept
LE, by the time-stepping method, is demonstrated in Fig. 14.
This is obtained by gradually releasing vortex wake panels
from the sharp LE, similarly to the wake-shedding process at
the trailing edge, until the fully developed wake shape is
obtained. The vortex rollup is determined by the momentary
velocity, induced by the wing and its wakes (Eq. 12). Results
for the lift curve of this delta wing are presented in Fig. 15. At
the lower angles of attack (less than ~ 10 deg), the lift curve
slope is well predicted by the linear formulation of Jones®
[C, =(7m R /2)a]l. At higher incidences, however, the LE
vortices increase the lift, as indicated by a sample of experi-
mental results.’’~3° This vortex lift is not predicted by the
basic linear panel method’ since the LE wake is not included.
The addition of the separated LE vortex model in this current
method (shown in Fig. 15) increases the wing’s lift and im-
proves the comparison with the experimental data. At very
high angles of attack (above 40 deg), however, vortex break-
down results in the wing’s lift loss, a condition that is not
modeled here.

The spanwise pressure distribution at the x/c = 0.5 station
is presented in Fig. 16. The wing model consists of 248 panels
with 12 spanwise equally spaced panels, and the nondimen-
sional time step was 0.1 chord (¥ At/c=0.1). Results for a
denser computation grid (328 panels, 16 spanwise panels,
V. At/c=10.05) are presented by the solid line, and both
computations show the suction peaks resulted by the LE
vortices. The experimental results with the turbulent boundary
layer of Ref. 40 (Re=0.9 X 10°® for both experiments) indi-
cate a secondary vortex near the LE which was not modeled
here. In general, it was found that the lift of the delta wing
was less sensitive to coarse grid and time steps than the
pressure distribution over the wing’s surface. In cases when
computer time saving is considered and larger time steps are
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Fig. 14 Simulation of LE separation by releasing vortex sheets from
the separation lines.

EXPERIMENT, REF.

o (38)
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/
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. . A . )

0 10 20 30 40 50
o, deg

Fig. 15 Experimental and computed lift curves for an AR =1 delta
wing.

-20r 0O EXPERIMENT, REF. {40], TURBULENT
A EXPERIMENT, REF. [40], LAMINAR
CURRENT COMPUTATION
——— AtV_/c=0.10, 12 SPANWISE PANELS
—— At-V_/c=0.05, 16 SPANWISE PANELS

AR =1, DELTA WING o B
x/c=0.5 A
a=205

SURFACE

LOWER
o SURFACE

2y/b(x)

Fig. 16 Spanwise loading of a delta wing (at x /¢ = 0.5).

applied, the spanwise pressure distribution would smear, but
the lift will change by only a few percent.

For demonstrating more complex motions, the wake lines
behind a delta wing having an aspect ratio of 0.71, undergoing
a coning motion, is presented in the inset of Fig. 17. The wing
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Fig. 17 Rolling moment vs coning rate for a delta wing in a coning
motion.

angle of attack « was set relatively to the x, y, z frame of
reference (pitching along x/c = 0.6) and then was rotated
about the x axis at the rate ¢. Computed rolling moments are
compared with experimental data of Ref. 41 in Fig. 17. The
slopes of the computed rolling moment curves, which change
rapidly with variations of angle of attack, compare reason-
ably well with the experiments. For angles of attacks higher
than 30 deg and for roll rates ¢b/2V,, larger than 0.1, vor-
tex breakdown bends the experimental curves and larger
differences between the experiment and the computation are
detected.

Conclusions

The basic unsteady formulation of potential flow was de-
rived and applied to a first-order panel method (with constant
singularity for each element). Some of the capabilities of this
approach were demonstrated by this pilot code on a variety of
simple examples. The method in its current state can be
utilized for computing longitudinal, lateral, and cross-coupled
stability derivatives for actual aircraft shapes, where predic-
tion by experiments and other methods is still very limited.
Vortex wake dynamics can be studied, as well, for a variety of
difficult problems, such as aircraft spin entry, spin alleviation,
or helicopter blade /body interaction.

Because of the limited number of wake elements at this
stage of the code development, large time steps were used.
Therefore, in the case of the rotor wake rollup and oscillatory
motions, some of the finer interactions were smoothed out.
Even so, the computed results agree well with the experi-
mental data that were presented for some of the test cases.
Consequently, immediate refinements of this computer pro-
gram will concentrate on increasing the wake array size.
Additionally, cases with relative component motion will be
considered. These cases will include rotor rotation, relative to
the helicopter fuselage, or time-dependent variation of aircraft
wing geometry.

Future development of this method needs to include inter-
action with viscious methods based on a regional approach.
This will allow the investigation of fluid dynamic conditions
involving lifting jets of V/STOL aircraft, boundary layers,
and flow separations.
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